The effect of active flow control on local flow separation behind the installation location of an ultra-high-bypass-ratio nacelle is investigated in a real-scale experiment at the TsAGI T-101 wind tunnel. The investigated model represents a swept 2.5D-section of the pylon-wing junction in landing configuration. A flow control system employing periodic excitation is integrated into the unprotected leading edge inboard of the pylon. Tuft visualization as well as pressure and force measurements are used to investigate the vortex-dominated base flow and the effect of active flow control. It is shown that the flow control effect is governed by the normalized parameters of flow control, the momentum coefficient and the velocity ratio, and is largely independent of the free-stream Mach and Reynolds number within the investigated range. The influence of a variation of the momentum coefficient c µ on the lift gain is investigated. At the highest Reynolds number of Re = 10.7 · 10 6 an application of active flow control with c µ = 1.08% fully eliminates local separation and increases total lift by approximately 2% of the respective baseline value across a range of 5 degrees in angle of attack. 
I. Introduction
Large modern civil transport aircraft are equipped with underwing-mounted turbofan engines that require a cutout of the leading edge high-lift system to prevent clashes with the engine nacelle. Highly efficient engines make use of large bypass ratios (BPR) to reduce fuel burn. Whereas currently employed engines reach BPRs of 10 −12, the trend in future development is heading towards even higher ratios of up to 15 −18 imposing installation challenges due to increased nacelle diameters. These so called ultra-high-bypass ratio (UHBR) engines need closer coupling to the wing to satisfy ground clearance requirements and to avoid a redesign of the landing gear. As a consequence, the slats have to be shorter than with smaller engines, which increases the area of the wing not protected by a leading edge high-lift system. The region downstream of this cutout is prone to separation due to an interaction of multiple vortices shed from the slat side-edge, pylon and nacelle [1] [2] [3] . On conventional aircraft, stall is commonly triggered by separation close to the wing root and in the region behind the slat cutout [1, 2] . An increase of the slat cutout further weakens the flow in this area thereby limiting the maximum lift capability of the wing. Passive devices like strakes are a standard measure to counteract the separation [4, 5] but are limited in effectiveness with increased slat cutout and nacelle size.
An alternative to passive devices like strakes and movables is the technology of Active Flow Control (AFC). It has been subject of research on generic wings [6, 7] , and has since moved to more complex configurations like outer wing sections [8, 9] or the vertical tail plane [10] . First flight test experiments with separation control on the vertical stabilizer of a large airliner show the capability of the technology on industrial scale [11] . Within the framework of the paper at hand, an industry relevant model has previously been tested with continuous blowing replacing a scaled 300 mm cutback of the inboard droop nose device [12] . The Reynolds number Re = 1.6 · 10 6 of the experiment is still within the range of scaling effects [13] . Nevertheless the application of AFC led to up to 5.6% increase in maximum lift and delayed wing stall by up to 2.3 degrees [12] . Although the model and test conditions are not fully representative of the investigation at hand, the results show the compelling effect of local flow control at the pylon-wing junction.
Unsteady excitation is commonly applied to increase the efficiency of active flow control in comparison to continuous blowing [14] . An application of active flow control by means of periodic excitation has shown promising effects on our configuration in numerical simulations [15, 16] .
In this paper we present and discuss the results of a wind tunnel experiment on a nearly full-scale 2.5D model of the pylon-wing junction. The focus of the test campaign lied on the full-scale demonstration of preventing the local separation inboard of the pylon and the suppression thereof by application of aircraft scale AFC actuators on the principle of periodic excitation. A two-stage fluidic system consisting of fluidic amplifiers driven by a fluidic oscillator is employed. It is designed in full-scale, accounting for realistic aircraft constraints. The real-scale experiment is an important step of maturation towards a future flight test. With the employed flow control system, local separation behind the pylon-wing junction can be fully suppressed at Reynolds numbers up to Re = 10.7 · 10 6 .
II. Experimental Setup
This section introduces the wind tunnel model and the employed flow control system. In addition, the model instrumentation and the corresponding experimental uncertainty is presented.
A. Wind Tunnel Model and Instrumentation
The experiments were performed using a generic model representing the wing segment of the pylon-wing junction of a reference large transport aircraft. The model consists of a 28 degree swept constant chord wing incorporating the DLR-F15 3eRef [17] three-element airfoil with slat and flap deflected to 28 degrees and 35 degrees, respectively. The high-lift setting corresponds to the designated landing configuration, where achieving maximum lift coefficient is crucial.
The wing segment is a moderate down-scale of 3:5 with respect to the reference aircraft used for the investigations within the current project. Special care has been taken to verify that the flow separation behavior of the model geometry is representative for the situation at the full aircraft [15, 16] .
The wing is equipped with a through-flow nacelle of a corresponding UHBR engine with a diameter of about 1.8 m.
The nacelle and pylon geometry, as well as the corresponding nacelle position and slat cutout are at a corresponding scale to the wing to represent the UHBR engine installation of the reference aircraft. The engine nacelle is further equipped with a classical nacelle strake [18] as this is the non-costly standard mean for state-of-the-art underwing-mounted engine installations to mitigate the flow separation risk in this area. The reference chord of the wing is about 3.3 m and the wing span slightly below 6 m. The low aspect ratio is a tribute to the large size and the allowable weight and aerodynamic loads for the wind tunnel installation. To increase the effective aspect ratio the model is equipped with side plates. To prevent negative effects at the forward swept outboard side edge, a special leading edge extension has been applied at the slat to prevent a too early wing stall near the side plate. Nevertheless, the impact in terms of lift coefficient is different to the aircraft as the envisaged separation does not trigger the full wing stall as for the real aircraft.
Therefore, the lift coefficient can only be used as a relative indicator. Fig. 1 . A camera in the inboard side-plate is used to acquire tuft-images at each angle of attack. Fig. 1b shows a photograph of the model during testing. The model is supported by three struts A, B and C. Strut A is used to adjust the angle of attack of the model, while pivoting around points B and C. The struts, beams and side-plates generate parasitic drag. Since the focus is put on increments of the lift performance of the model, this additional drag is not investigated further.
C. Active Flow Control System
The AFC system is located at 10% relative chord on the inboard side of the slat cutout and covers approximately 50% of the unprotected leading edge in this area, see Fig. 1 . A total of fourteen slots with the dimensions of 60 mm × 6 mm are placed equidistantly in spanwise direction with a spacing of 10 mm. The outlets are inclined at 30 degrees relative to the local surface. These geometrical parameters are recommended by numerical simulations of the wind tunnel model [15, 16] and account for the integration constraints of a real aircraft.
The flow control system generates unsteady blowing with a phase-shift of 180 degrees between adjacent outlets by applying the principles of fluidic amplifiers [19] and a fluidic oscillator. In Fig. 2 , a schematic representation of the system's internal flow channels is shown. The fluidic oscillator functions as the driving stage of the actuator and generates a self-induced switching between its two branches. Each of these branches is connected to respective pressure ports of the seven fluidic amplifier elements in the outlet stage. The outlet elements consist of bi-stable switches where the main power jet is guided through the respective outlet depending on the control port pressure signal. With the underlying design, no moving parts are required which is a major benefit for the safety-driven aviation industry. A detailed explanation of the actuator and its multi-step design process are published in [20] . Flow control systems applying the same two-stage design were previously successfully tested and published in [6, 8] . The flow control actuator is manufactured from milled Aluminum parts for the main fluidic elements and is fitted with 3D-printed inlets. These inlets are connected to the main pressure supply via eight individual corrugated pipes.
Details of the actuator design and structural integration can be found in [21] . Bench-top experiments were performed to investigate the function of the system prior to the wind tunnel application. A monitoring system is included in the actuator design which was correlated to mass flow and pressure data during the bench-top experiments. An evaluation of this data is used to select flow control parameters for the wind tunnel test runs.
Two important AFC parameters, the momentum coefficient c µ and the velocity ratio VR are defined as follows:
Here, q ∞ is the dynamic pressure, S is the reference area of the wing andū jet is the quadratic mean of the jet velocity. Because of the 2.5D nature of the wing the flow remains attached up to higher incidence angles than it would be the case for a full 3D wing. Flow separation occurs first on the suction side surface of the wing in the region above the pylon, whereas the flow over the remaining wing stays attached. Thus, separation on this model wing is a local effect and does not result in the conventional stall behavior, i.e. the break down of lift and reduction of C L, ma x , as it would be observed on a finite wing. The effort of active flow control described in the following section will aim at eliminating the separation above the pylon. tested. Beside this, the overall C L -behavior of the wing segment is independent of Reynolds number effects, as could be expected for Reynolds numbers of approx. 7 · 10 6 and above (cf. [13] ).
In Fig. 5 , the complex nature of the flow around the pylon-wing junction is represented schematically. The paths of these vortices indicated here are based on previous research of the pylon-wing junction [12] as well as numerical simulations of the configuration [16] . Several vortices are shed from the geometrical features where local changes in the circulation occur, the most dominant vortices being the outboard slat-step (1) and slat vortex (2), the pylon vortex (3), the strake vortex (4), the nacelle vortex, as well as the inboard slat (6) and slat-step vortex (7). Additional upwash is added to already weakened areas behind the unprotected inboard leading edge. The interaction of the longitudinal vortices with the boundary layer further weakens the latter, making the flow more prone to separation. It is important to note that in contrast to engine installations with smaller nacelles the implemented nacelle strake is not able to mitigate the risk of separation on the increased extent of the unprotected leading edge. Outside of the separation region behind the slat cutout, the vortex-induced downwash has a stabilizing effect on the flow. The development of the local flow separation can be observed in the tuft image series shown in Fig. 6 . For very low incidences (Fig. 6a ) the flow is fully attached. The surface flow, as indicated by the orientation of the tufts, is aligned with the main flow direction of the oncoming flow and exhibits no unsteadiness. Only in the region of the footprint of the slat-step vortex a higher unsteadiness of the tufts is observed, and the mean flow direction is normal to the leading edge due to the rotational sense of the slat-step vortex and the acceleration through the slat gap. With increasing incidence, the flow starts to separate at the wing in the region immediately downstream the inboard side of the wing-pylon junction (see gray area in Fig. 6b ). However, despite strong cross-flow and high unsteadiness, the flow remains attached on the majority of the wing segment shown, especially at the outboard side of the wing-pylon junction.
Further increase of the angle of attack results in the enlargement of the region of separated flow until it reaches the downstream border of the field of view of the tufts and possibly extending until the trailing edge of the wing segment (see Fig. 6c ). In Fig. 10 the spanwise pressure distribution at α = α 5 is presented for the baseline flow and two measurements with actuation (c µ = 0.70% and 1.08%). Solid lines correspond to the front spanwise row of pressure taps close to the leading edge, whereas the dashed lines correspond to the aft row close to the trailing edge of the main element (see Fig. 1 ). Major differences between the actuated and non-actuated cases can be noted between −0.15 < η < 0.0. These values correspond to the pressure taps downstream of the AFC location. The pressure coefficients of both measurements with actuation coincide but reach higher values than for the baseline flow. With actuation, the flow downstream of the AFC location reattaches, thereby restoring the suction peak on the unprotected leading edge. In turn, the pressure gradient increases. The stronger recompression leads to high pressure coefficients at the location of the first spanwise measurement row, as depicted in Fig. 10. Fig. 11 shows the pressure distribution of the first chordwise row which underlines the interpretation of the spanwise pressure distribution. The higher suction peak at the leading edge due to the effective AFC application causes higher pressure gradients between the AFC system at ξ ≈ 0.12 and the spanwise pressure taps at ξ ≈ 0.2 leading to the increased pressure coefficients at the first spanwise row, as noted above. Since the first chordwise pressure tap row is inboards of the sensitive area, it does not show the pressure rise at the actuation location itself.
The local effect of AFC on the sectional lift can be estimated by integrating the pressure distribution. Applying c µ = 0.70% increases the sectional lift coefficient in the first chordwise row by 7%. Increasing the momentum coefficient by a factor of 1.5 to c µ = 1.08% further improves the sectional lift coefficient by an additional 1.5% to a total local gain of 8.3% with respect to the baseline. In Fig. 15 the spanwise pressure distribution is plotted for three measurements at constant velocity ratio of VR = 6.5.
The data is evaluated at α = α 4 , so side plate separation has not yet set in for the measurement at Re = 6.7 · 10 6 . The resulting global forces are similar for all three measurements (±0.3% of the average value) as can be seen in the lift curves in Fig. 14 . The three pressure distributions coincide across the whole span with the exception of the segment behind the AFC location at −0.15 < η < −0.02. Minor differences are further visible in the aft row close to the inboard side-plate. The similarity of the pressure distributions and with that the flow topologies is further emphasized by Fig.   16 . Here, the pressure distributions are shown for the second chordwise row at the angle of attack α 4 . Curves of the slat, main element and flap coincide very well for all measurements across the tested Reynolds and corresponding Mach numbers. While there are very small differences in the local pressure distribution downstream of the AFC location, it is apparent that the resulting overall topologies are similar. We conclude that in this case of active flow control, the velocity ratio is the governing parameter for AFC since at the same velocity ratio, the impact of varying momentum coefficient is neglectable regardless of the Reynolds number and the free-stream Mach number. in the mode of flow control from separation control to circulation control [22] . Once the control authority is sufficiently high to fully reattach the flow, any increase in the forcing amplitude will only result in the less efficient modification of a healthy flow, e.g. the reduction of the local spanwise flow component.
The trends of the lift increase of the measurements at Re = 8.9 · 10 6 and Re = 10.7 · 10 6 coincide, whereas the trend of Re = 6.7 · 10 6 is offset by approximately −0.5%. This offset is not related to a Reynolds or Mach number dependence of the AFC effect, but rather to the sensitive region near the outboard side-plate. For the highest Reynolds number at a Mach number of M = 0.14, the lift gain increases almost linearly with increasing momentum coefficient and no reduction of slope in this correlation is observed in the tested c µ -range. The average lift gain is approximately 2% for the maximum actuation amplitude of c µ = 1.08%.
V. Conclusion
Wind tunnel experiments were conducted to investigate the effect of Active Flow Control (AFC) on local flow separation behind the pylon-wing junction of a 2.5D model fitted with an ultra-high-bypass-ratio nacelle. and 0.09 ≤ M ≤ 0.14 respectively.
The successful demonstration of a real-scale flow control system paves the way for future flight testing of AFC at the pylon-wing junction.
